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ABSTRACT
The P16121 senior design project serves to allow 5 students the opportunity to demonstrate aeronautical
and mechanical engineering skills accumulated through the RIT curriculum through the design, build, and test of an
aircraft for the Regular Class of the 2016 SAE Aero Design Competition. This document highlights the design
methodology utilized and includes the relevant supporting analysis justifying decisions made. Ultimately the
aircraft, as well as the supporting design and analysis, will be used by the RIT Aero Design Club as a development
platform so that they may competitively participate in future competitions. It is important to note that aircraft design
is an iterative optimization process. Therefore, this paper highlights the major outcomes of the "best" design
achieved given the time constraints of the project. For a description of all of the variables used, please refer to the
"List of Symbols" at the end of the technical paper.
INTRODUCTION
The SAE Aero Design competition is an event that challenges engineering students through the design,
build, and test of an aircraft. While complying with the rules of the competition specifying design requirements and
constraints, as well as mission requirements, university teams are tasked with applying engineering principles and
theory in the form of trade-studies to generate a design solution that outperforms other university teams.
There are three classes of competition: The Regular, Advanced, and Micro classes. The Regular class is
intended for novices, with the goal being the design and fabrication of an aircraft that can perform controlled flight
and execute mission requirements, ultimately while carrying a higher payload than other teams. Additional scoring
is also awarded to teams that can accurately predict the payload that their aircraft can lift.
Although RIT has an Aero Design Club that is supposed to participate in the event, it has been absent from
the competition since 2008. Prior to 2008, RIT has been inconsistent in participating in the competition annually.
This is partly due to the inexperience of the team, the lack of commitment to the project as students are on co-op for
parts of the year, and the lack of funding needed to travel and enter the competition. Therefore, to build competence
within the Aero Design Club, an MSD team is established to design, build, and test an aircraft conforming to the
SAE Aero Rules, with the intent of sharing all knowledge used and gained while completing the project to the club.
PROCESS
Requirements and Constraints:
The aircraft is designed to conform to the rules of the Regular Class of the 2016 SAE Aero Design
competition. The rules are tabulated into customer requirements, engineering requirements, and constraints,
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displayed in the following tables below. For a full detailed account of the rules, please refer to the official SAE Aero
Design Competition website [1].

Table 1: Summary of Customer Requirements

Table 2: Summary of Engineering Requirements

Table 3: Summary of Constraints
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Flight Conditions and Fluid Properties:

The aircraft is intended to undergo flight testing in Rochester, NY. Thus, the flight conditions, as well as
the atmospheric properties the aircraft will experience are derived using Rochester's elevation and the standard
atmosphere [2], documented in Table 4 below. Note that these parameters directly influence the aircraft's design in
the areas of aerodynamics, stability and control, propulsion, and the prediction of overall aircraft performance.
Flight Conditions
Location and Elevation
Location
Cruise Elevation [ft]

Rochester, NY
555

Cruise Parameters
ρ∞ [slug/ft3]
0.00233
µ∞ [slug/ft-s]
3.72610610e-7
a∞ [ft/s]
1114.317
Vcruise[ft/s]
55.7333
Recruise
442520.7951
Mcruise
0.0500
Table 4: Summary of Flight Conditions and Atmospheric Properties
Aircraft Configuration:
In choosing the configuration of the entire aircraft, as well as the individual configurations of the subcomponents, various concepts were generated, and based off of the design requirements, as well as aeronautical
engineering and aircraft performance considerations, selections were made. Overall, a very conventional aircraft
configuration is chosen. The dominating reasons for this decision are the fact that the most readily available
equations used for stability and control are derived for a conventional aircraft configuration, and most cargotransport aircraft utilize this standard layout. Table 5 below displays the outcome of the configuration selection
process.

Table 5: Summary of Selected Aircraft Configuration
Wing Design:
As aforementioned, aircraft design is an iterative optimization process. The first component to go through
preliminary design is the wing, which is modified in later design iterations to meet the various design requirements
as other sub-components are developed. A monoplane (single wing) configuration is chosen as it is the simplest case
(design-wise and in terms of manufacturing ease), and it results in an overall lower drag, pitching moment, and
structural weight relative to using multiple wings. A high wing configuration is chosen primarily as it increases
lateral stability without having to incorporate dihedral. It also allows for the wing to be assembled as one piece, and
is easily attached and removed from the wing-box in the fuselage, allowing easy access to the payload bay.
Additionally, it allows for more wing planform area exposure (and thus lift generation) without fuselage
interference, and it makes the fuselage more aerodynamically efficient as the wings do not have to attach to it.
A major aspect of wing design is the selection of the airfoil cross-section. When choosing the airfoil, the
following characteristics were sought: high stall angle for higher operational angle-of-attack range; high ′𝐶𝑙 𝑚𝑎𝑥 ′ so
the aircraft can not only have a higher maximum lift capacity, but also a slower stall speed, and slower flight speeds
in general while maintaining a trim condition; gentle stall characteristics so if stall occurs loss of control will be
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minimal; low pitching moment resulting in more aircraft longitudinal stability, and thus a smaller required
horizontal stabilizer; low drag coefficient so less thrust is needed to obtain the required cruise velocity; and
relatively low camber and high thickness for manufacturing ease. Because the aircraft is designed for a heavy-lift
competition, the factor influencing airfoil selection the most was the overall lifting capacity. Therefore, the S1223
airfoil was initially chosen, as it is an airfoil specifically designed for the competition, and it had the highest lift
capacity of all airfoils examined. However, due to manufacturing difficulty of the aggressive camber and thin
trailing edge, it was decided to utilize the Eppler423 airfoil instead, which is overall more efficient at the cruise
angle-of-attack (𝐶𝑙 /𝐶𝑑 ) and drastically much easier to manufacture. A comparison of the s1223 airfoil profile
against the chosen Eppler423 airfoil is shown below, as well as the Eppler423 aerodynamic polars at the cruise
Reynolds number (Obtained using XFLR5).

Figure 1: Airfoil profile comparison: S1223 vs. Eppler423

Figure 2: Aerodynamic polars of selected Eppler423 wing airfoil at the cruise Reynolds number (obtained from
XFLR5)
The wing incidence angle was chosen such that the aircraft operated at maximum efficiency during cruising
flight, specifically, when (𝐶𝑙 /𝐶𝑑 ) is maximum. Observing Figure 2, this occurs at an angle-of-attack of 5 degrees.
Therefore, when the aircraft is at the cruise condition, and the fuselage is straight and level, the wing will be
performing optimally. In developing the overall wing planform, the "Schuemann Planform" concept was iteratively
modified to generate the most amount of lift efficiently, while meeting stability requirements and the rules of the
competition. This particular planform concept has been experimentally shown to not propagate flow separations
from the tip laterally along the wing [11]. Stall occurs at the root first, allowing for a longer duration of aileron
control and recovery. The initial rectangular section increases overall planform area and thus lift generation. Double
taper is used to generate as close to an elliptical lift distribution as possible, resulting in less lift-induced drag. Also,
because of the decreasing structure outboard, there is a relatively lower bending moment at the root.
When sizing the planform, the aspect ratio of the wing must be specified. It is given by the following
relationship:
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𝐴𝑅𝑤 =

𝑏2
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[Eq. 1]

𝑆

The following benefits occur due to increasing the aspect ratio: the aerodynamic features of a wing get closer to the
ideal airfoil; the wing effective angle-of-attack is increased (less downwash); the wing lift-curve-slope approaches
the ideal airfoil's lift-curve-slope; the wing maximum lift coefficient increases towards the ideal airfoil's maximum
lift coefficient; the wing lift-induced drag decreases; the effect of downwash on the horizontal tail decreases; and the
aileron arm increases resulting in more lateral control. High aspect ratios however have the downsides of requiring
more structure, and thus increasing the overall weight and the bending moment at the root, as well as making the
wing more difficult to manufacture. Also, the sizing limits imposed by the competition rules must be taken into
consideration. For a low-subsonic transport plane, the recommended aspect ratio is between 6-9 [4]. After
considering all factors and iterating, the wing aspect ratio was chosen to be 6.
The second wing section outboard of the rectangular section features taper. In general, the taper ratio is defined
as:
𝜆𝑤 =

𝑐𝑡 𝑤

[Eq. 2]

𝑐𝑟 𝑤

Including wing taper serves the following benefits: it improves the lift distribution so that it is more elliptical
(therefore more efficient); it reduces the bending moment at the root as the center of mass is closer to the fuselage
center-line; stall at the wing tips occurs later than at the root resulting in a longer duration of lateral control and a
better chance at recovery; the wing mass moment of inertia along the x-axis decreases resulting in more lateral
control; a reduction in lift-induced drag; and an increase in the wing lift-curve-slope towards the ideal airfoil's. After
numerous iterations, the taper ratio of the tapered section of the wing was determined to be 0.4.
A sweep angle is not incorporated as sweep angles are generally used for high-subsonic to transonic flight
regimes where a leading edge sweep angle effectively delays the critical Mach number to a higher value, thus
allowing for higher flight speeds prior to drag divergence. Incorporating geometric or aerodynamic wing twist adds
the benefit of customizing the wing to have desired lift and stall characteristics, but significantly increases
manufacturing difficulty, and therefore was not considered. Also for manufacturing ease, wing dihedral was not
incorporated as the high wing configuration chosen was intended to have the effect of increasing lateral stability
sufficiently.
After iterative optimization, the final wing design and sizing is obtained and displayed in the following
figure. Additionally, a summary of key aerodynamic parameters are displayed in Table 6.

Figure 3: Final Wing Design and Sizing (diagram obtained from XFLR5)
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𝐶𝐿𝛼 𝑤
𝐶𝐿0 𝑤
𝛼0 𝑤
𝐶𝐿𝑚𝑎𝑥

Wing Aerodynamics
0.0746
[1/𝑑𝑒𝑔]
0.8180
[−]
-10.9651
[𝑑𝑒𝑔]
1.816
[−]

𝑤

𝐶𝐿𝑐𝑟𝑢𝑖𝑠𝑒

𝐶𝐷𝑐𝑟𝑢𝑖𝑠𝑒

𝑤
𝑤

[−]

1.191

[−]

0.088

5
𝛼𝑤 𝑐𝑟𝑢𝑖𝑠𝑒 [𝑑𝑒𝑔]
-0.273
𝐶𝑚 𝑎𝑐 𝑤
[−]
𝑥𝑎𝑐
[𝑖𝑛]
0.26𝑐
Table 6: Summary of key aerodynamic parameters of wing
Horizontal Stabilizer Design and Longitudinal Stability:
In the iterative design process, the next component designed, which is the primary means to obtain
longitudinal stability and counter the destabilizing pitching moment of the wing and fuselage, is the horizontal
stabilizer. Its sizing and location relative to the center of gravity are outlined in the following steps.
A majority of the design decisions for the horizontal and vertical stabilizers, as well for stability and control
in general, are based off of aircraft statistics. Specifically, we made decisions that aligned parameters with statistical
data for cargo-transport aircraft. For an initial placement of the horizontal stabilizer, a ratio between the distance
from the wing aerodynamic center to the horizontal stabilizer aerodynamic center 𝑙𝑎𝑐 with respect to the overall
fuselage length 𝑙𝑓 was used. The following table displays this ratio for various aircraft configurations.
Aircraft Configuration
An aircraft whose engine is installed at the nose and has an aft tail
An aircraft whose engine is installed above the wing and has an aft tail
An aircraft whose engine is installed at the aft fuselage and has an aft tail
An aircraft whose engine is installed under the wing and has an aft tail
Glider with an aft tail
Canard aircraft
An aircraft whose engine is inside the fuselage (i.e. fighter) and has an aft tail
Table 7: 𝑙𝑎𝑐 /𝑙𝑓 ratios for various aircraft configurations [4].

𝒍𝒂𝒄 /𝒍𝒇
0.60
0.55
0.45
0.50
0.65
0.40
0.30

Observing Table 7, for the selected aircraft configuration, an 𝑙𝑎𝑐 /𝑙𝑓 ratio of 0.6 is chosen preliminarily to
place the tail for the initial iteration, and is slightly modified later during optimization. In order to use this ratio
however, a fuselage length must be selected. This decision was made based off of longitudinal stability
considerations, but greatly affected by interior storage requirements. After design iteration, an overall fuselage
length of 56 inches is selected. Choosing ′𝑙𝑎𝑐 ′ consequently determines ′𝑙𝑡 , ′ the distance from the center of gravity
to the aerodynamic center of the horizontal stabilizer, after predetermining a center of gravity location 𝑥𝑐𝑔
of 030𝑐 , which is the aft most recommended limit for center of gravity placement [4].
In order to determine the horizontal stabilizer planform area, the horizontal tail volume coefficient, a key
design parameter, must be selected. It is given by the following relationship:
𝑉𝐻 =

𝑙𝑡 𝑆𝑡
𝑆𝑐

The following table shows horizontal tail volume coefficients for various types of aircraft.

[Eq. 3]
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Aircraft Type
𝑽𝑯
Glider and motor glider
0.6
Home-built
0.5
GA-single prop-driven engine
0.7
GA-twin prop-driven engine
0.8
GA with canard
0.6
Agricultural
0.5
Twin turboprop
0.9
Jet trainer
0.7
Fighter aircraft
0.4
Fighter (with canard)
0.1
Bomber/military transport
1
Jet transport
1.1
Table 8: 𝑉𝐻 for various types of aircraft [4]
Observing Table 8, a ′𝑉𝐻 ′ of 1 is chosen to meet the stability requirements of bomber/military transport aircraft.
Using Equation 3, the horizontal stabilizer planform area is determined.
In choosing the horizontal stabilizer airfoil, the following were considered: a symmetric airfoil is chosen as
the horizontal stabilizer should behave in a similar manner at a positive or negative angle-of-attack; the airfoil
should provide for a stall point later than the wing to allow for recovery should the wing stall; and, similar to the
wing, the maximum lift-coefficient and the lift-curve-slope should be maximized, and its drag production and
overall size should be minimized. After considering various airfoils and simulating them at the cruise Reynolds
number, the NACA-0021 airfoil was chosen, primarily because, among the airfoils considered, it had the smallest
thickness while stalling at an angle-of-attack later than the wing. Its aerodynamic polars at the cruise Reynolds
number are shown in the following figure.

Figure 4: Aerodynamic polars of selected NACA-0021 horizontal stabilizer airfoil at the cruise Reynolds number
(obtained from XFLR5)
After selecting the airfoil, the planform of the horizontal stabilizer is determined. The span of the tail
should be longer than the propeller diameter to ensure that a portion of the tail is out of the resultant propeller wake.
Also, the aspect ratio of the tail should be lower than that of the wing to allow for a later stall angle and thus
2
recovery should the wing stall. To meet this requirement, it is recommended that 𝐴𝑅𝑡 = 𝐴𝑅𝑤 [4]. For transport
3
aircraft, the horizontal stabilizer taper ratio is usually between 0.4 and 0.7 [4]. To further ensure a higher stall angle
than the wing through a lower span efficiency factor and a less than elliptical lift distribution, the upper bound of
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that range was selected. Similar to the wing, for ease of manufacturing, no sweep, twist, or dihedral is added to the
horizontal stabilizer.
During cruising flight, it is the intent that the aircraft is able to fly trimmed without any elevator deflection.
Consequently, the horizontal stabilizer is given an incidence angle such that it balances the destabilizing pitching
moments from the wing and fuselage. In general, during cruising flight and without any elevator deflection, the net
pitching moment about the center-of-gravity must be zero:
𝐶𝑚 𝑐𝑔 = 𝐶𝑚 𝑐𝑔

𝑤

+ 𝐶𝑚 𝑐𝑔 + 𝐶𝑚 𝑐𝑔 = 0
𝑡

[Eq. 4]

𝑓

Substituting in the contributions from the wing, tail, and fuselage:
𝐶𝑚 0 𝑤 + 𝐶𝑚 𝛼 𝑤 𝛼𝑤 𝑐𝑟𝑢𝑖𝑠𝑒 + 𝐶𝑚 0 𝑡 + 𝐶𝑚 𝛼 𝑡 𝛼𝑤 𝑐𝑟𝑢𝑖𝑠𝑒 + 𝐶𝑚 0 𝑓 + 𝐶𝑚 𝛼 𝑓 𝛼𝑤 𝑐𝑟𝑢𝑖𝑠𝑒 = 0

[Eq. 5]

And further simplifying using aerodynamic relations:
𝐶𝑚 𝑎𝑐 𝑤 + 𝐶𝐿0 𝑤
𝑥=𝑙 𝑓
𝑥=0

𝑘 2 −𝑘 1
36.5𝑆𝑐

𝑥 𝑐𝑔
𝑐

−

𝑥 𝑎𝑐
𝑐

+ 𝐶𝐿𝛼 𝑤

𝑥 𝑐𝑔
𝑐

−

𝑥 𝑎𝑐
𝑐

𝑤𝑓 2 𝛼0 𝑤 + 𝑖𝑓 Δ𝑥 +

𝛼𝑤 𝑐𝑟𝑢𝑖𝑠𝑒 + 𝜂𝑉𝐻 𝐶𝐿 𝛼 𝜀0 + 𝑖𝑤 − 𝑖𝑡 − 𝜂𝑉𝐻 𝐶𝐿 𝛼
𝑡

1
36.5𝑆𝑐

𝑥=𝑙 𝑓
𝑥=0

𝑤𝑓 2

𝜕𝜀 𝑢
𝜕𝛼

Δ𝑥

𝑡

1−

𝑑𝜀
𝑑𝛼

𝛼𝑤 𝑐𝑟𝑢𝑖𝑠𝑒 +

𝛼𝑤 𝑐𝑟𝑢𝑖𝑠𝑒 = 0

[Eq. 6]

Using equations 4-6, the horizontal stabilizer incidence angle, ′𝑖𝑡 , ′ is determined. After numerous optimization
iterations, the final horizontal stabilizer planform geometry and sizing is displayed in the following figure.

Figure 5: Final Horizontal Stabilizer Design and Sizing (diagram obtained from XFLR5)
The horizontal stabilizer is the primary means for the aircraft to achieve longitudinal stability. As
aforementioned, the major contributing components to longitudinal stability are the horizontal stabilizer, the wing,
and the fuselage. The following equations outline the way in which each component contributes to longitudinal
static stability. The criteria for longitudinal static stability is:
𝐶𝑚 𝛼 =

𝑑 𝐶𝑚
𝑑𝛼

<0

[Eq. 7]

𝐶𝑚 0 > 0

[Eq. 8]

The pitching moment contribution of the horizontal stabilizer is:
𝐶𝑚 𝑐𝑔 = −𝑉𝐻 𝜂𝐶𝐿 𝑡

[Eq. 9]

𝐶𝑚 0 𝑡 = 𝜂𝑉𝐻 𝐶𝐿 𝛼 𝜀0 + 𝑖𝑤 − 𝑖𝑡

[Eq. 10]

𝑡

𝑡
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𝐶𝑚 𝛼 𝑡 = −𝜂𝑉𝐻 𝐶𝐿 𝛼

1−

𝑡

𝑑𝜀
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[Eq. 11]

𝑑𝛼

where the tail efficiency factor ′𝜂′ is:
1

𝜂 = 12

𝜌 ∞ 𝑉𝑡 2

𝜌 𝑉
2 ∞ 𝑤

[Eq. 12]

2

The parameters governing the downwash angle ′𝜀′ behind the wing are:
𝜀 = 𝜀0 +

2𝐶𝐿 0

𝜀0 =
𝜀=
𝑑𝜀
𝑑𝛼

𝑑𝜀

𝛼𝑤

𝑑𝛼

[Eq. 13]

𝑤

[Eq. 14]

𝜋𝐴𝑅𝑤 𝑒𝑤
2𝐶𝐿 𝑤

[Eq. 15]

𝜋𝐴𝑅𝑤 𝑒𝑤

=

2𝐶𝐿 𝛼

𝑤

[Eq. 16]

𝜋𝐴𝑅𝑤 𝑒𝑤

and the effective angle-of-attack experienced by the horizontal stabilizer is:
𝛼𝑡 = 𝛼𝑤 − 𝑖𝑤 − 𝜀 + 𝑖𝑡

[Eq. 17]

Overall, the lift coefficient of the tail is given as:
𝐶𝐿 𝑡 = 𝐶𝐿0 𝑡 + 𝐶𝐿 𝛼 𝛼𝑡

[Eq. 18]

𝑡

The wing contribution to longitudinal static stability is:
𝐶𝑚 𝑐𝑔

𝑤

= 𝐶𝑚 𝑎𝑐 𝑤 + 𝐶𝐿0 𝑤 + 𝐶𝐿𝛼 𝑤 𝛼𝑤
𝑥 𝑐𝑔

𝐶𝑚 0 𝑤 = 𝐶𝑚 𝑎𝑐 𝑤 + 𝐶𝐿0 𝑤
𝑥 𝑐𝑔

𝐶𝑚 𝛼 𝑤 = 𝐶𝐿𝛼 𝑤

𝑐

−

𝑐

−

𝑥 𝑐𝑔
𝑐

−

𝑥 𝑎𝑐
𝑐

𝑥 𝑎𝑐

[Eq. 19]
[Eq. 20]

𝑐

𝑥 𝑎𝑐

[Eq. 21]

𝑐

Overall, the lift coefficient of the wing is given as:
𝐶𝐿𝑤 = 𝐶𝐿0 𝑤 + 𝐶𝐿𝛼 𝑤 𝛼𝑤

[Eq. 22]

The fuselage contribution to longitudinal static stability is given as:
𝐶𝑚 0 𝑓 =

𝑘 2 −𝑘 1
36.5𝑆𝑐

𝐶𝑚 𝛼 𝑓 =

1
36.5𝑆𝑐

𝑥=𝑙𝑓
𝑥=0

𝑤𝑓 2 𝛼0 𝑤 + 𝑖𝑓 Δ𝑥

𝑥=𝑙𝑓
𝑥=0

𝑤𝑓 2

𝜕𝜀 𝑢
𝜕𝛼

Δ𝑥

[Eq. 23]
[Eq. 24]

The neutral point, or the aft-most limit on the aircraft x-axis the center of gravity can be located where the aircraft
still has static longitudinal stability, is given by:
𝑥 𝑛𝑝
𝑐

=

𝑥 𝑎𝑐
𝑐

−

𝐶𝑚 𝛼
𝐶𝐿 𝛼

𝑓

𝑤

+ 𝜂𝑉𝐻

𝐶𝐿 𝛼
𝐶𝐿 𝛼

𝑡

𝑤

1−

𝑑𝜀
𝑑𝛼

Consequently, the static margin of the aircraft is given by:
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[Eq. 25]

𝑆𝑡𝑎𝑡𝑖𝑐 𝑀𝑎𝑟𝑔𝑖𝑛 =

𝑥 𝑛𝑝
𝑐

−

𝑥 𝑐𝑔
𝑐

[Eq. 26]

The following figure and table displays the final longitudinal static stability characteristics of the aircraft after
iterative optimization.

Figure 6: Variation of the aircraft pitching moment coefficient with angle-of-attack

Table 9: Summary of key aircraft longitudinal static stability parameters
Vertical Stabilizer Design and Directional Stability:
The vertical stabilizer, the primary means for the aircraft to achieve directional stability, is the next
component designed in the iterative design process. The initial placement of the vertical stabilizer is chosen such
that the vertical tail arm ′𝑙𝑣 , ′ is equal to horizontal tail arm [4]; consequently, the aerodynamic centers of the vertical
and horizontal stabilizers are coincident on the aircraft x-axis.
In order to determine the vertical stabilizer planform area, the vertical tail volume coefficient, a key design
parameter, must be selected. It is given by the following relationship:
𝑉𝑉 =

𝑙𝑣 𝑆𝑣
𝑆𝑏

The following table shows vertical tail volume coefficients for various types of aircraft.

[Eq. 27]
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Aircraft Type
𝑉𝑉
Glider and motor glider
0.03
Home-built
0.04
GA-single prop-driven engine
0.04
GA-twin prop-driven engine
0.07
GA with canard
0.05
Agricultural
0.04
Twin turboprop
0.08
Jet trainer
0.06
Fighter aircraft
0.07
Fighter (with canard)
0.06
Bomber/military transport
0.08
Jet transport
0.09
Table 10: 𝑉𝑉 for various types of aircraft[4]
Observing Table 10, a ′𝑉𝑉 ′ of 0.08 was preliminarily chosen to meet the stability requirements of bomber/military
transport aircraft. However, after iterative design, with the main focus of maximizing lift capacity while meeting the
sizing limitations given in the engineering requirements, a ′𝑉𝑉 ′ of 0.05 is ultimately selected. Having determined the
vertical tail volume coefficient, the vertical stabilizer planform area is calculated using Equation 27.
When designing the aircraft, it was desired that the stability and control characteristics be similar to that of
the Lockheed Martin C-130J Hercules military transport aircraft. Its vertical stabilizer had an aspect ratio, '𝐴𝑅𝑣 , ′ of
1.84 and an aft sweep angle, ′𝛬𝑣 , ′ of 18.8 degrees [4]. However, due to the aforementioned desire to maximize lift
capacity while meeting the sizing limitations, the vertical stabilizer was made rectangular to maximize planform
area and the vertical tail volume coefficient.
The vertical stabilizer airfoil was selected such that the vertical stabilizer provides a large enough lift-curve
slope, ′𝐶𝐿 𝛼 ′ such that it is able to counter the inherent directionally destabilizing contributions of the wing and
𝑣
fuselage. The thinnest airfoil is thus chosen that meets that requirement to reduce aircraft structure and weight. In
general, the criteria for directional static stability is:
𝐶𝑛 𝛽 =

𝑑 𝐶𝑛
𝑑𝛽

>0

[Eq. 28]

where the vertical stabilizer contribution to directional static stability is:
𝐶𝑛 𝛽 = 𝑉𝑣 𝐶𝐿 𝛼 𝜂𝑣 1 −
𝑣

𝑣

𝑑𝜍

[Eq. 29]

𝑑𝛽

The estimation of the combined sidewash and tail efficiency factor is given by:
𝜂𝑣 1 −

𝑑𝜍
𝑑𝛽

= 0.724 + 3.06

𝑆𝑣
𝑆

1+𝑐𝑜𝑠 Λ 𝑐/4

+ 0.4
𝑤

𝑧𝑤
𝑑

+ 0.009𝐴𝑅𝑤

[Eq. 30]

The wing-fuselage contribution to directional static stability is:
𝐶𝑛 𝛽

𝑤𝑓

= −𝑘𝑛 𝑘𝑅𝑙

𝑆𝑓𝑠 𝑙𝑓

[Eq. 31]

𝑆𝑏

From this analysis, the NACA-0009 airfoil is selected as it provides a means for adequate directional stability while
being relatively thin. Its aerodynamic polars at the cruise Reynolds number are shown in the following figure:

Copyright © 2016 Rochester Institute of Technology

Figure 7: Aerodynamic polars of selected NACA-0009 vertical stabilizer airfoil at the cruise Reynolds number
(obtained from XFLR5)
After numerous optimization iterations, the final vertical stabilizer planform geometry and sizing is displayed in the
following figure.

Figure 8: Final Vertical Stabilizer Design and Sizing (diagram obtained from XFLR5)
Using the aforementioned relations outlining directional stability, the following figure and table displays the final
directional static stability characteristics of the aircraft after iterative optimization.
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Figure 9: Variation of the aircraft yawing moment coefficient with side-slip angle

Table 11: Summary of key aircraft directional static stability parameters
Lateral Stability:
The primary means for an aircraft to obtain lateral stability is through its wings, either directly through its
planform aerodynamics, or through its 'z-location' placement on the fuselage. Specifically, the criteria for lateral
static stability is:
𝐶𝑙𝛽 =

𝑑𝐶𝑙
𝑑𝛽

<0

[Eq. 32]

As aforementioned, for ease of manufacturing, the wing was designed to not have any dihedral. If dihedral is
included in the wing design however, the following equation outlines its impact on lateral stability.
𝐶𝑙𝛽

𝑤Γ

= −Γ𝐶𝐿𝛼

𝑏/2
𝑐𝑦𝑑𝑦
0

2
𝑤

𝑆𝑏

[Eq. 33]

Furthermore, the wing sweep contribution to lateral stability is:
𝐶𝑙𝛽

𝑤Λ

= −𝐶𝐿 𝑤 sin2Λ

2
𝑆𝑏

𝑏/2
𝑐𝑦𝑑𝑦
0

[Eq. 34]

The 'z-location' on the fuselage where the wing is placed also contributes to lateral stability. Although dihedral was
not included, a high wing placement was implemented as a means to adequately provide lateral stability. The
following table displays the effect that 'z-location' wing placement has on lateral stability:
Wing „z‟ Location

𝐶𝑙𝛽 [1/deg]
𝑓

High-Wing
-0.0006
Mid-Wing
0
Low-Wing
0.0006
Table 12: The effect of 'z-location' wing placement on lateral stability [7]
Using the aforementioned relations outlining lateral stability, the following figure and table display the final lateral
static stability characteristics of the aircraft after iterative optimization.
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Figure 10: Variation of the aircraft rolling moment coefficient with side-slip angle

Table 13: 𝐶𝑙𝛽 of aircraft after iterative design optimization
Longitudinal, Directional, and Lateral Control:
Aircraft maneuverability is dependent on its control qualities, specifically, how the aircraft responds to
control surface deflection. The intent was to design the aircraft such that it had cargo-transport stability and control
characteristics. Therefore, the main focus was on stability, which led to a sacrifice in controllability. Regardless, an
attempt was made to maximize controllability after having set and obtaining the desired aircraft stability.
The primary means to apply longitudinal control is through the elevator, located at the trailing edge of the
horizontal stabilizer. Elevator deflection changes the overall lift generated by the aircraft, and consequently the net
pitching moment. The lift response of the aircraft to elevator deflection is called the elevator control effectiveness,
and it is given by the following relation:
𝐶𝐿𝛿 𝑒 =

𝑆𝑡
𝑆

𝜂𝐶𝐿 𝛼 𝜏𝑒

[Eq. 35]

𝑡

Furthermore, the pitching moment response of the aircraft to elevator deflection is called the elevator control power,
and it is given by the following relation:
𝐶𝑚 𝛿 𝑒 = −𝑉𝐻 𝜂𝐶𝐿 𝛼 𝜏𝑒
𝑡

The sizing of the elevator, as well as its control parameters, are given in the following table:

[Eq. 36]
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Elevator Sizing and Control Parameters
𝑐𝑒
0.35
𝑐𝑡 𝑡𝑖𝑝
𝑏𝑒
𝛿𝑒 𝑚𝑎𝑥

𝑏𝑡
+25°

𝛿𝑒 𝑚𝑖𝑛

−25°

𝐶𝐿𝛿 𝑒 [1/𝑟𝑎𝑑]

0.8814

𝐶𝑚 𝛿 𝑒 [1/𝑟𝑎𝑑]

-1.6772

Table 14: Key elevator sizing and control parameters after iterative design optimization
The primary means to apply directional control is through the rudder, located at the trailing edge of the
vertical stabilizer. Rudder deflection changes the overall yawing moment generated by the aircraft. The yawing
moment response of the aircraft to rudder deflection is called the rudder control effectiveness, and it is given by the
following relation:
𝐶𝑛 𝛿 𝑟 = −𝜂𝑣 𝑉𝑣 𝐶𝐿 𝛼 𝜏𝑟

[Eq. 37]

𝑣

The sizing of the rudder, as well as its control parameters, are given in the following table:
Rudder Sizing and Control Parameters
𝑐𝑟𝑢𝑑
0.35
𝑐𝑣
𝑏𝑟
𝑏𝑣
𝛿𝑟 𝑚𝑎𝑥
+25°
𝛿𝑟 𝑚𝑖𝑛

−25°

𝐶𝑛 𝛿 𝑟 [1/𝑟𝑎𝑑]

-0.0670

Table 15: Key rudder sizing and control parameters after iterative design optimization
The primary means to apply lateral control is through the ailerons, located at the trailing edge of the wings,
outboard of the flaps. Aileron deflection changes the overall rolling moment generated by the aircraft. The rolling
moment response of the aircraft to aileron deflection is called the aileron control power, and it is given by the
following relation:
𝐶𝑙𝛿 𝑎 =

2𝐶𝐿 𝛼 𝜏 𝑎 𝑐𝑟 𝑤
𝑤

𝑆𝑏

𝑦2
𝑦1

1+

𝜆 𝑤 −1
𝑏
2

𝑦 𝑦𝑑𝑦

[Eq. 38]

The sizing of the ailerons, as well as its control parameters, are given in the following table. Note the differential
aileron deflection, which is intended to counter the effects of adverse yaw.
𝑐𝑎
𝑐
𝑏𝑎

Aileron Sizing
0.25

𝛿𝑎 𝑚𝑎𝑥

14.125 𝑖𝑛
+25°

𝛿𝑎 𝑚𝑖𝑛

−10°

𝐶𝑙𝛿 𝑎 [1/𝑟𝑎𝑑]

0.09173

Table 16: Key aileron sizing and control parameters after iterative design optimization
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Final Aerodynamic Design and Stability and Control Sizing:
After iterative design optimization, the following figures depict the aerodynamics of the aircraft at the cruise
condition, as well as their relative positions of the aerodynamic surfaces.

Figure 11: Final aerodynamic model of the aircraft at the cruise condition (obtained from XFLR5)
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Figure 12: Diagram depicting key aircraft positions (dimensions are in inches)
The following figure displays the aerodynamic polars of the final aircraft configuration. Note that the polars are
obtained using XFLR5 through the Vortex Lattice Method, and that there is limited convergence as XFLR5 stops
computation when stall occurs at any discretized panel.

Figure 13: Aerodynamic polars of final aircraft configuration (obtained using XFLR5)

Copyright © 2016 Rochester Institute of Technology

Landing Gear Design (Aeronautical):
Aeronautical landing gear design deals with the choice of configuration and placement so that the aircraft is
able to take-off, land, and maneuver on the ground properly. The remainder of landing gear design deals with
structural integrity, and is discussed later in this paper. From the initial concept selection performed, a tricycle
configuration is selected.
In choosing the wheel base, the convention is that the main gear carries 80-90% of the gross take-off
weight during static loading, while the nose gear carries 10-20% [4]. To maximize base separation, the main gear
was chosen to be designed to carry 80% of the load, while the nose gear carry 20%. The following extended freebody diagram shows the static loading on the landing gear.

Figure 14: Extended free-body diagram displaying static loading on landing gear [4]
From Figure 14, the following equations can be generated:
𝐹𝑧 = 0 = −𝐹𝑛 − 𝐹𝑚 + 𝑊

[Eq. 39]

𝑀𝑜 = 0 = 𝐹𝑛 𝐵 − 𝑊 𝐵𝑚

[Eq. 40]

Equations 39 and 40 are used to determine the locations of the main gear and nose gear relative to the center-ofgravity, resulting in values of 2in and 8in respectively.
Having determined the wheel base, it must be verified that the aircraft has enough ground clearance so that
its aft-most end does not strike the ground when rotating to its take-off angle. The following figures are used in this
verification analysis.

Figure 15: Depiction of landing gear height [4]

Figure 16: Depiction of clearance angle necessary for take-off [4]
Using Figures 15 and 16, the clearance angle can be determined by the following trigonometric relation:
𝛼𝐶 = 𝑡𝑎𝑛−1

𝐻 𝐿𝐺
𝐴𝐵

[Eq. 41]
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Because the designed take-off angle (𝛼 𝑇𝑂 ≈ 10°) is less than the clearance angle (𝛼𝐶 ≈ 72°), the aircraft is verified
to have sufficient ground clearance for take-off.
Furthermore, during take-off, the center-of-gravity travel should be such that it does not displace aft of the
main gear in order to ensure that the aircraft weight is supported by the landing gear at all times while it is on the
ground. The following figure is used as an approximation to determine the center-of-gravity travel during take-off.

Figure 17: Depiction of center-of-gravity travel during take-off
Using Figure 17, the following trigonometric relation can be formed:
𝑡𝑎𝑛 𝛼 𝑇𝑂 =

Δ𝑥 𝑐𝑔

[Eq. 42]

𝑧 𝑓/2

Because the center-of-gravity travel is less than the distance the center-of-gravity is from the main gear, it is verified
that the landing gear will support the aircraft weight for the entire duration that the aircraft is on the ground.
Lastly, the wheel track of the main gear must be determined. The following figure is used to aid in this
determination:

Figure 18: Diagram used to determine wheel track [4]
The minimum recommended overturn angle ′Φ𝑂𝑇 ′ is 25 degrees [4]. Normally, there are various requirements for
ground controllability that must be analyzed, however, because the aircraft only needs to go straight for take-off and
landing, these requirements are not considered. For ground stability however, the following equation depicts the
recommended minimum main gear track necessary [5].
𝑇 = 0.25𝑏

[Eq. 43]

Performing this analysis results in a track of 21.5in. Additionally, this results in an overturn angle of approximately
41 degrees, meeting the minimum 25 degree requirement.
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Structural Design and Stress Analysis:
Aerodynamic design and sizing for stability and control governed dimensions and limitations of the design
for aircraft structures. Great consideration was placed on weight reduction so that the majority of the aircraft lifting
capacity could be used for payload. Structural components responsible for providing aerodynamic curvature were
comprised of balsa and bass wood. To further rigidity, and to provide a smooth surface for skin friction drag
reduction, balsa sheething was used on the wing, the horizontal and vertical stabilizers, as well as the control
surfaces. Additionally monokote was applied to the majority of the aircraft exterior to assist in drag reduction as
well.
To ensure structural integrity, all load bearing structures were metallic. Specifically, a metallic chassis was
designed such that loads are transferred to the spars during flight, and that the landing gear bear loads on the ground
and endure landing impact. Finite element stress analysis was performed on all of the aforementioned metallic parts
using worst-case scenario loading conditions. The following figures display the results of the stress analysis
considering the von Mises yield criterion, which Table 17 summarizes.

Figure 19: von Mises stress distribution of the forward wing spar using worst-case loading conditions

Figure 20: von Mises stress distribution of the aft wing spar using worst-case loading conditions
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Figure 21: von Mises stress distribution of the outboard wing box bracket using worst-case loading conditions

Figure 22: von Mises stress distribution of the inboard wing box bracket using worst-case loading conditions

Figure 23: von Mises stress distribution of the fuselage bracket using worst-case loading conditions

Copyright © 2016 Rochester Institute of Technology

Figure 24: von Mises stress distribution of the tail boom using worst-case loading conditions

Figure 25: von Mises stress distribution of the main landing gear bracket using worst-case loading conditions

Figure 26: von Mises stress distribution of the nose landing gear bracket assembly using worst-case loading
conditions
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Summary of Structural Integrity
Part Nomenclature
Factor of Safety
Forward Wing Spar
1.5
Aft Wing Spar
1.7
Outboard Wing Box Bracket
14.6
Inboard Wing Box Bracket
12.6
Fuselage Bracket
17.1
Tail Boom
3.1
Main Landing Gear Bracket
1.7
Nose Landing Gear Bracket Assembly
829.2
Table 17: Factor of safety summery for all of the load-bearing, metallic parts using the von Mises yield criterion
Various iterations of structural design were performed to ensure load-bearing parts would not yield and that
the designed center-of-gravity was obtained, while trying to minimize airframe weight. The results of these
iterations manifest itself in Figure 27, an isometric view of the full aircraft structural design.

Figure 27: Structural design of aircraft
Propulsion:
Integral to aircraft performance is the thrust capabilities of the propulsion system. This system consists of a
19x8E APC propeller, a motor powered by two 3s 5000mAh batteries connected in series providing 22.2V, and a
1000W power limiter. The following is an empirical equation for thrust developed using basic fluid mechanics and
compared with measured static thrust test values, showing good agreement with the experimental results [8].
𝑇𝑟𝑢𝑠𝑡 = 4.392399 × 10−8 ∙ 𝑅𝑃𝑀

𝑑𝑖𝑎𝑚𝑒𝑡𝑒𝑟 3.5
𝑝𝑖𝑡𝑐 

4.23333 × 10−4 ∙ 𝑅𝑃𝑀 ∙ 𝑝𝑖𝑡𝑐 − 𝑉0

Copyright © 2016 Rochester Institute of Technology

[Eq. 44]

Using a predicted range of motor RPM, an expected static thrust range of 12-15lbf was predicted.
This prediction was validated by performing a static thrust test on the propulsion system using the testing
apparatus shown in Figure 28. The filtered results of the 3 trials run are shown in Figure 29, with the average
maximum thrust for each trial summarized in Table 18.

Figure 28: Static thrust test apparatus

Figure 29: Filtered static thrust test data for the 3 trials run. The MATLAB 'smooth' function was used with the
'rloess' method to apply a weighted, moving filter to the raw data.
Trial

Max Static Thrust [lbf] (Average)

1

9.2301

2

10.0427

3
8.8369
Table 18: Summary of the filtered, steady-state maximum thrust value for the 3 trials run
Observing Figure 29 and Table 18, it appears that the maximum static thrust value obtainable with the propulsion
system is about 10lbf.

Proceedings of the Multi-Disciplinary Senior Design Conference

Page 25

Parasite Drag Estimation (𝑪𝑫 𝟎 ):
In order to have an accurate prediction of aircraft performance, a proper estimation of the drag must be
performed. Especially in the design process, for safety and flightworthiness, an overestimation is preferred. The
aerodynamic model only predicts the drag of the aerodynamic (lifting) surfaces. Therefore, the remaining aircraft
components must be accounted for. Because it is assumed that the lift generation of these additional components is
negligible, the zero-lift or parasite drag of these components is estimated and added to the drag determined by the
aerodynamic model. The following equations outline the zero-lift drag coefficient contributions of the remaining
aircraft components [9].
The fuselage zero-lift drag contribution can be estimated using the following relationship:
𝐶𝐷 0 = 𝐶𝑓 𝑓𝐿𝐷 𝑓𝑀
𝑓

𝑆𝑤𝑒𝑡 𝑓
𝑆

[Eq. 45]

where the skin friction coefficient and the Reynolds number (at cruise) are given by:
𝐶𝑓 =

0.455

[Eq. 46]

𝑙𝑜𝑔 10 𝑅𝑒 𝐿

𝑅𝑒𝐿 =

𝜌 ∞ 𝑉∞ 𝑙𝑓

[Eq. 47]

𝜇∞

and the fuselage length-to-diameter ratio and Mach number correction factor are given by:
𝑓𝐿𝐷 = 1 +

60

+ 0.0025

𝑙𝑓 3

𝑙𝑓
𝑑

[Eq. 48]

𝑑

𝑓𝑀 = 1 − 0.08𝑀1.45

[Eq. 49]

In terms of the landing gear, the contribution of its wheels to the parasite drag is given by the following relation,
where ′𝑛′ depicts the either a main or nose gear wheel:
𝐶𝐷 0

𝑙𝑔 𝑤

=

𝑛
𝑖=1 𝐶𝐷 𝑙𝑔

Note that 𝐶𝐷 𝑙𝑔
determined by:
𝑆𝑙𝑔

𝑤

𝑤

𝑆𝑙𝑔

𝑤𝑖

𝑆

[Eq. 50]

is equal to 0.3 (for wheels with no fairing [5]), and that the frontal area of each wheel can be

= 𝑑𝑔 𝑤𝑔

[Eq. 51]

The contribution of the landing gear struts (brackets) can be determined in a similar way using the following
relation:
𝐶𝐷 0

𝑙𝑔 𝑠

=

𝑛
𝑖=1 𝐶𝐷 𝑙𝑔

𝑆𝑙𝑔
𝑠

𝑠𝑖

𝑆

[Eq. 52]

Note that 𝐶𝐷 𝑙𝑔 is equal to 2.5 (for a rectangular rod with sharp corners).
𝑠

As aforementioned, the total drag can then be determined by adding the zero-lift drag contributions of these
additional components to the drag obtained from the aerodynamic model. At the cruise condition, the total drag
coefficient is estimated to be 0.1107.
Performance:
Take-off and landing distance engineering requirements restrict the amount of payload that can be carried,
despite the designed lifting capacity of the aircraft. The lifting capacity is characterized by:
Copyright © 2016 Rochester Institute of Technology

𝐿 = 𝑞∞ 𝑆𝐶𝐿

[Eq. 53]

where the dynamic pressure is given as:
1

𝑞∞ = ρ∞ V∞ 2

[Eq. 54]

2

The drag experienced by the aircraft is:
𝐷 = 𝑞∞ 𝑆𝐶𝐷

[Eq. 55]

where the total drag coefficient can be separated into its parasite and lift-induced components:
𝐶𝐷 = 𝐶𝐷 0 + 𝜙

𝐶𝐿,𝑚𝑎𝑥 2
𝜋𝑒 𝐴𝑅𝑤

[Eq. 56]

Ground-effect is accounted for with 𝜙, which effectively reduces the strength of the wingtip vortices and thus the
downwash. It is given by:
 2

𝜙=

16 𝑏

1+ 16

[Eq. 57]

 2
𝑏

Generally, the take-off velocity is designed to be 120% of the stall velocity:
𝑉𝐿𝑂 = 1.2

2𝑊
𝜌 ∞ 𝑆𝐶𝐿,𝑚𝑎𝑥

[Eq. 58]

The take-off distance is derived using Newtonian dynamics, and is given by [10]:
𝑠𝐿𝑂 =

1.44𝑊 2
𝑔𝜌 ∞ 𝑆𝐶𝐿,𝑚𝑎𝑥 𝑇− 𝐷+𝜇 𝑟 𝑊−𝐿 0.7𝑉 𝐿𝑂

[Eq. 59]

In contrast to the take-off velocity, the touch-down velocity is generally designed to be 130% of the stall velocity:
𝑉𝑇 = 1.3

2𝑊
𝜌 ∞ 𝑆𝐶𝐿,𝑚𝑎𝑥

[Eq. 60]

The landing distance is derived in a similar manner to the take-off distance, and is given by [10]:
𝑠𝐿 =

1.69𝑊 2
𝑔𝜌 ∞ 𝑆𝐶𝐿,𝑚𝑎𝑥 𝐷+𝜇 𝑟 𝑊−𝐿 0.7𝑉 𝑇

Table 17 summarizes aircraft performance characteristics after iterative design optimization.
Key Performance Characteristics
30.0
𝑀𝑎𝑥𝑖𝑚𝑢𝑚 𝐿𝑖𝑓𝑡𝑖𝑛𝑔 𝐶𝑎𝑝𝑎𝑐𝑖𝑡𝑦 [𝑙𝑏𝑓]
3.4
𝐷𝑟𝑎𝑔 𝐹𝑜𝑟𝑐𝑒 𝐷𝑢𝑟𝑖𝑛𝑔 𝐶𝑟𝑢𝑖𝑠𝑒 [𝑙𝑏𝑓]
>5.0
𝑇𝑟𝑢𝑠𝑡 𝐴𝑣𝑎𝑖𝑙𝑎𝑏𝑙𝑒 𝐷𝑢𝑟𝑖𝑛𝑔 𝐶𝑟𝑢𝑖𝑠𝑒 [𝑙𝑏𝑓]
10
Thrust Required for Take-Off [𝑙𝑏𝑓]
190.1
Take-Off Distance [𝑓𝑡]
307.2
Landing Distance [𝑓𝑡]
40.9
Stall Velocity [𝑓𝑡/𝑠]
49.1
Take-Off Velocity [𝑓𝑡/𝑠]
56.5779
Landing Velocity [𝑓𝑡/𝑠]
Table 19: Summary of key aircraft performance parameters after iterative design optimization

[Eq. 61]
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RESULTS AND DISCUSSION:
Manufacturing commenced after the completion of the design process, resulting in a flight-worthy airframe
shown in Figure 30. While there were engineering changes made during the manufacturing process as a result of
new simulation/test results, as well as fabrication difficulties, the majority of the initial design remained the same.
The aircraft was well-made, having an airframe weight of 15.62lbf, and a total length-width-height dimension of
172.125in.

Figure 30: Manufactured Airframe
The first flight test was performed on April 21, 2016 at Hasman airfield, with an initial payload of 1lbf.
After successfully verifying electronics and control surface actuation, and successfully performing a preliminary
hop-test, which confirmed the high longitudinal stability the aircraft was designed to, it was decided to allow the
pilot to maneuver the aircraft for a full-flight circuit.
The aircraft lifted off the ground with minimal elevator deflection, and no flap deflection. Immediately
after take-off, the pilot banked the aircraft, during which the aircraft showed excellent trim and stability
characteristics. Unfortunately, the aircraft reached a very aggressive bank angle, resulting in a significant loss of lift
and the aircraft falling from the sky. The pilot did not climb high enough to allow for adequate recovery time,
resulting in a nose-first crash into the ground. This crash resulted in severe aircraft damage, which Figure 31
displays.

Figure 31: Severely damaged aircraft after crash
After analyzing the flight test video, and speaking with subject-matter experts, the conclusion is that the
cause of the failure was pilot error, and that the pilot put the aircraft through a maneuver that was outside its
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designed performance abilities. Specifically, the pilot did not allow the aircraft to climb to a high enough altitude to
allow for adequate recovery time; the pilot banked the aircraft at too severe of an angle; and the pilot turned the
aircraft at too small of a turn radius.
After the crash, the team scrambled to repair the aircraft. Although the refurbished aircraft did not have the
quality of the initially manufactured one, the team did eventually complete a second flight test on May 12, 2016.
Unfortunately, the aircraft performed in a similar manner and crashed while banking. It is certain this time that the
crash was not due to pilot error, as the pilot made every attempt to turn the aircraft as flat as possible, using mostly
rudder. Further review by the RC aircraft enthusiasts at the field suggested that the receiver used did not have
sufficient range capability. The team attempted to validate this by testing the receiver. During testing, it was found
that the response was very inconsistent to any given input, and that the maximum range was only about 85 ft, clearly
not sufficient for flight testing.
CONCLUSIONS AND RECOMMENDATIONS
Aircraft design is an iterative optimization process. Although the generated design was the believed “best”
solution given the time constraints, certainly a more optimal solution could be obtained if more time was allowed.
Because the primary objective of the competition is to lift as much payload as possible, the lifting capability of the
aircraft was the principal focus. However, to ensure safety and overall flightworthiness, aircraft stability was a
predominant design criteria that dictated and limited the lifting capacity. Having seen the aircraft perform and
display very high trim and stability characteristics, an improved design could incorporate lower stability
specifications which in turn could result in a higher lifting capability.
During the design process, a major area of concern was the reliability of the aerodynamic data generated
using XFLR5. Although it is a widely used preliminary aircraft design software for subsonic aircraft experiencing
incompressible flow, it implements the Vortex Lattice Method for numeric computation. This is in contrast to the
more powerful computational fluid dynamics software that utilize the finite volume method to solve the NavierStokes equations. In order to validate the aerodynamic data generated using XFLR5, the horizontal stabilizer was
comparatively analyzed using ANSYS FLUENT using the cruise conditions displayed in Table 4 for varying anglesof-attack. In this analysis, the Spalart-Allmaras turbulence model is utilized. The results of this comparison are
shown in Figure 26. Notice that, while there is general agreement between the two sets of data while observing the
lift coefficient variation (majority of values within 7% difference), the drag coefficients obtained using XFLR5 are
noticeably smaller. If the ANSYS FLUENT computation is taken to be more accurate, then a lower expected
performance should be expected given the propulsion capabilities. To overcome this issue for future design
iterations, care must be taken to either decrease drag through airframe modifications, or to increase thrust by altering
the propulsion system.

Figure 32: FLUENT vs. XFLR5 comparison: CL vs. α (top-left); CD vs. α (top-right);CL vs. CD (bottom-left); CL/ CD
vs. α (bottom-right)
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List of Symbols: (In the order they appear in the paper)
𝜌∞
𝜇∞
𝑎∞
𝑉𝑐𝑟𝑢𝑖𝑠𝑒
𝑅𝑒𝑐𝑟𝑢𝑖𝑠𝑒
𝑀𝑐𝑟𝑢𝑖𝑠𝑒
𝐶𝑙 𝑚𝑎𝑥
𝐶𝑙
𝐶𝑑
𝐴𝑅𝑤
𝑏
𝑆
𝜆𝑤
𝑐𝑟 𝑤
𝑐𝑡 𝑤
𝐶𝐿𝛼 𝑤
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𝑤
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𝑤
𝛼𝑤 𝑐𝑟𝑢𝑖𝑠𝑒
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𝑥𝑎𝑐
𝑙𝑎𝑐
𝑙𝑓
𝑙𝑡
𝑥𝑐𝑔
𝑐
𝑉𝐻
𝑆𝑡
𝐴𝑅𝑡
𝐶𝑚 𝑐𝑔
𝐶𝑚 𝑐𝑔

Free-stream density
Free-stream dynamic viscosity
Free-stream speed of sound
Cruise velocity
Cruise Reynolds number
Cruise Mach number
Maximum airfoil lift coefficient
Airfoil lift coefficient
Airfoil drag coefficient
Aspect ratio of Wing
Span of wing
Planform area of wing
Taper ratio of wing
Root chord of wing
Tip chord of wing
Lift-curve slope of wing
Zero-lift coefficient of wing
Zero-lift angle-of-attack of wing
Maximum lift coefficient of wing
Cruise lift coefficient of wing
Cruise drag coefficient of wing
Cruise angle-of-attack of wing
Pitching moment about the aerodynamic center of the wing
Location of aerodynamic center of the wing
Distance from the wing aerodynamic center to the horizontal tail aerodynamic center
Overall fuselage length
Distance from the center of gravity to the aerodynamic center of the horizontal stabilizer
Center-of-gravity location
Mean aerodynamic chord of wing
Horizontal tail volume coefficient
Planform area of horizontal stabilizer
Aspect ratio of horizontal stabilizer
Total aircraft pitching moment about the center-of-gravity
Wing contribution to the total pitching moment about the center-of-gravity

𝐶𝑚 𝑐𝑔

Horizontal stabilizer contribution to the total pitching moment about the center-of-gravity

𝐶𝑚 𝑐𝑔

𝑤
𝑡

𝑓

Fuselage contribution to the total pitching moment about the center-of-gravity

𝐶𝑚 0 𝑤
𝐶𝑚 𝛼 𝑤
𝐶𝑚 0 𝑡
𝐶𝑚 𝛼 𝑡
𝐶𝑚 0 𝑓

Wing pitching moment at zero angle-of-attack
Wing pitching moment variation with angle-of-attack
Horizontal stabilizer pitching moment at zero angle-of-attack
Horizontal stabilizer pitching moment variation with angle-of-attack
Fuselage pitching moment at zero angle-of-attack

𝐶𝑚 𝛼 𝑓

Fuselage pitching moment variation with angle-of-attack

𝜂
𝜀0
𝑖𝑤
𝑖𝑡
𝑑𝜀

𝑑𝛼

Horizontal tail efficiency factor
Downwash angle at zero angle-of-attack
Wing incidence angle
Horizontal stabilizer incidence angle
Downwash angle variation with angle-of-attack
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𝜀
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𝛬𝑣
𝐶𝐿 𝛼
𝑣
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𝐶𝑛 𝛽
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Correction factor for body fineness ratio
Average width of fuselage sections
Incidence of fuselage camber line relative to the fuselage reference line
Length of fuselage increments
Change in local flow angle with angle-of-attack
Variation of aircraft pitching moment with angle-of-attack
Downwash angle behind wing
Lift coefficient of wing
Span efficiency factor of wing
Angle-of-attack of tail
Lift coefficient of horizontal stabilizer
Angle-of-attack of wing
Location of the neutral point
Distance from the center of gravity to the aerodynamic center of the vertical stabilizer
Vertical tail volume coefficient
Planform area of vertical stabilizer
Aspect ratio of vertical stabilizer
Aft sweep angle of vertical stabilizer
Lift-curve slope of vertical stabilizer
Variation of aircraft yawing moment with side-slip angle
Variation of vertical stabilizer yawing moment with side-slip angle
Vertical tail efficiency
Variation of sidewash angle with side-slip angle

Λ𝑐/4
𝑤
𝑧𝑤
𝑑
𝐶𝑛 𝛽

Sweep of wing quarter chord
Distance parallel to the z-axis from the wing quarter chord point to the fuselage centerline
Maximum fuselage depth
Variation of wing-fuselage yawing moment with side-slip angle

𝑘𝑛
𝑘𝑅𝑙
𝑆𝑓𝑠
𝐶𝑙𝛽
Γ
𝐶𝑙𝛽

Empirical wing-body interference factor
Empirical correction factor that is a function of the fuselage Reynolds number
Projected side area of fuselage
Variation of aircraft rolling moment with side-slip angle
Wing dihedral angle
Effect of wing dihedral to the variation of rolling moment with side-slip angle

𝑤𝑓

𝐶𝑙𝛽
Λ
𝐶𝑙𝛽

𝑤Γ
𝑤Λ

𝑓

Effect of wing sweep to the variation of rolling moment with side-slip angle
Wing sweep angle
Effect of „z-location‟ wing placement to the variation of rolling moment with side-slip angle

𝐶𝐿𝛿 𝑒
Elevator control effectiveness
𝜏𝑒
Elevator flap effectiveness parameter
𝐶𝑚 𝛿 𝑒
Elevator control power
𝑐𝑒
Elevator chord length
𝑐𝑡 𝑡𝑖𝑝
Chord length at the tip of the horizontal stabilizer
𝑏𝑒
Elevator span
𝑏𝑡
Horizontal stabilizer span
𝛿𝑒 𝑚𝑎𝑥 Maximum up elevator deflection angle
𝛿𝑒 𝑚𝑖𝑛 Maximum down elevator deflection angle.
𝐶𝑛 𝛿 𝑟
Rudder control effectiveness
𝜏𝑟
Rudder flap effectiveness parameter
𝑐𝑟𝑢𝑑
Rudder chord length
𝑐𝑣
Vertical stabilizer chord length
𝑏𝑟
Rudder span
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𝛿𝑟 𝑚𝑎𝑥
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𝑐𝑎
𝑏𝑎
𝛿𝑎 𝑚𝑎𝑥
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𝐹𝑧
𝐹𝑛
𝐹𝑚
𝑊
𝐵
𝐵𝑛
𝐵𝑚
𝐻𝐿𝐺
𝛼𝐶
𝛼 𝑇𝑂
𝑐𝑔
𝑧𝑓/2
Δ𝑥𝑐𝑔
Φ𝑂𝑇
𝐻𝑐𝑔
𝑇
𝑉0
𝐶𝐷 0
𝐶𝐷 0
𝑓

Vertical stabilizer span
Maximum right rudder deflection angle
Maximum left rudder deflection angle
Aileron control power
Aileron flap effectiveness parameter
Aileron chord length
Aileron span
Maximum up aileron deflection angle
Maximum down aileron deflection angle
Net force in the z-direction
Reaction force on nose gear
Reaction force on main gear
Aircraft weight
Landing gear base
Distance from nose gear to center-of-gravity
Distance from main gear to center-of-gravity
Landing gear height
Take-off clearance angle
Aircraft take-off angle
Aircraft center-of-gravity
Distance (z-direction) from the bottom of the fuselage to the center of gravity
Distance the center-of-gravity displaces during take-off rotation
Overturn angle
Distance (z-direction) from ground to the center-of-gravity
Main landing gear track
Incoming airflow velocity towards the propeller
Zero-lift “parasite” drag coefficient of aircraft
Zero-lift drag coefficient of fuselage

𝐶𝑓
𝑓𝐿𝐷
𝑓𝑀
𝑆𝑤𝑒𝑡 𝑓
𝑅𝑒𝐿
𝐶𝐷 0

Skin friction coefficient of fuselage
Fuselage length-diameter ratio
Fuselage Mach number correction factor
Fuselage wetted area
Fuselage cruise Reynolds number
Zero-lift drag coefficient of a landing gear wheel

𝑆𝑙𝑔
𝑤
𝐶𝐷 𝑙𝑔

Frontal area of a landing gear wheel
Form drag coefficient of a landing gear wheel

𝑙𝑔 𝑤

𝑑𝑔
𝑤𝑔
𝐶𝐷 0

𝑤

𝑙𝑔 𝑠

𝐶𝐷 𝑙𝑔

𝑠

𝐿
𝑞∞
𝐶𝐿
V∞
𝐷
𝐶𝐷
𝜙
𝐶𝐿,𝑚𝑎𝑥

𝑉𝐿𝑂
𝑠𝐿𝑂
𝜇𝑟
𝑉𝑇

Diameter of a landing gear wheel
Width of a landing gear wheel
Zero-lift drag coefficient of a landing gear bracket
Form drag coefficient of a landing gear bracket
Aircraft Lift force
Dynamic pressure
Aircraft lift coefficient
Free-stream velocity
Drag force on Aircraft
Total aircraft drag coefficient
Coefficient accounting for ground effect
Maximum aircraft lift coefficient
Height wings are from ground
Take-off velocity
Take-off distance
Coefficient of ground friction
Landing velocity
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𝑔

Landing distance
Acceleration due to gravity
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